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> The  midspan  section  of  a fan  exit  stator  was  selected  for  the  design 
application.  An  airfoil  was  designed,  fabricated,  and  tested  in  a 
transonic  cascade  tunnel.  Te3t  conditions  were  varied  over  a wide 
range  of  inlet  flow  angles  and  inLet  Mach  numbers  to  determine  design 
and  off-design  performance.  Test  point  information  included  inlet  and 
exit  conditions  and  airfoil  surface  pressure  distribution. 


\ 


Analysis  of  test  data  taken  at  the  design  point  conditions 
substantiates  a good  match  between  measured  and  design  shockless 
surface  Mach  number  distribution,  a i'iw  loss  resulting  from  an 
attached  suction  side  boundary  layer , and  an  exit  flow  angle  within 
one  degree  of  design  specification...  Thus  design  goals  were 
successfully  met.  Analysis  of  test  results  for  off-design  conditions 
confirmed  that  the  cascade  also  operates  efficiently  over  a wide  range 
of  inlet  angles  and  Mach  number.  The  validity  of  the  Pratt  & Whitney 
Aircraft  supercritical  design  procedure  has  been  demonstrated. 
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1.0  INTRODUCTION 


This  report  discusses  the  details  of  the  design  and  the  performance 
evaluation  of  a practical  supercritical  cascade.  The  purpose  of  this 
work  is  to  demonstrate  that  potentially  substantial  improvements  in 
compressor  efficiency  can  result  from  employment  of  analytically 
designed,  shockless  supercritical  airfoils.  Conventional  compressor 
airfoils  operating  in  the  transonic  regime  typically  exhibit  high 
losses,  which  are  principally  combinations  of  shock  losses  and 
shock-induced  boundary  layer  separation  losse3.  Recent  Pratt  & Whitney 
Aircraft  experience  in  the  development  and  test  of  supercritical 
airfoils  in  cascades  has  demonstrated  the  superiority  of  these  airfoil 
designs  over  conventional  compressor  airfoil  designs  in  terms  of  both 
reduced  losses  and  increased  incidence  range.  This  contract  provides 
for  the  design,  test,  and  data  analysis  of  a supercritical  cascade  for 
application  in  high  technology,  future  generation  compressors  of  gas 
turbine  engines. 


2.0  BACKGROUND 


2 . 1 Development  of  Supercritical  Airfoil  Design  Methods 

Supercritical  airfoils  are  a class  of  transonic  airfoils  which  operate 
with  subsonic  inlet  and  exit  flow  velocities  and  with  embedded  regions 
of  supersonic  flow  adjacent  to  the  airfoil  surface.  The  term 
"supercritical"  refers  to  the  presence  of  velocities  in  the  flow  field 
which  are  above  the  "critical"  or  sonic  speed.  Historically,  progress 
in  the  design  methods  for  transonic  airfoils  has  severely  lagged 
methods  used  to  design  fully  subsonic  or  supersonic  airfoils.  This  lag 
is  primarily  due  to  the  mathematical  difficulties  in  solving  the 
equations  which  model  the  transonic  flow  field.  Without  the 
fundamental  ability  to  compute  the  velocities  on  the  airfoil  surface, 
the  well-developed  low  speed  design  techniques  employing  boundary 
layer  theory  have  been  of  no  value. 

The  early  knowledge  of  airfoils  in  the  transonic  regime  was  derived 
from  wind  tunnel  experiments  on  subsonic  or  supersonic  designs.  This 
type  of  experimentation  provided  an  understanding  that  aerodynamic 
deficiencies  of  these  designs  were  caused  by  the  strong  normal  shocks 
which  terminated  the  embedded  supersonic  region.  For  isolated 
airfoils,  this  shock  caused  a rapid  increase  in  drag  and  a reduction 
of  lift  as  the  approach  Mach  number  increased  through  the  high 
subsonic  range.  In  cascades,  this  shock  produced  the  analogous  effects 
of  increased  total  pressure  loss  and  reduced  flow  turning.  These 
features  of  the  flow  field  for  a NACA  65  series  cascade  are  shown  in 
the  schlieren  photographs  in  Figure  1 from  the  work  of  Dunavant  et.al. 
(1). 

In  1965,  a resurgence  of  interest  in  developing  improved  supercritical 
design  methods  resulted  from  Whitcomb’s  now-famous  supercritical 
isolated  airfoil  experiment  in  the  NASA  Langley  eight-foot  transonic 
tunnel.  Whitcomb's  experimentally  developed  airfoil  demonstrated  the 
existence  of  shockless  supercritical  flow  fields  (2).  The  shockless 
feature  made  the  flow  entirely  irrotaticnal  and  thus  amenr.ble  to 
modelling  with  the  potential  equation. 


1.  Dunavant,  J.  C.  et.  al.  "High  Speed  Cascade  Tests  of  the  NACA  65- 
(12Aiq)10  an(j  NACA  65— ( 12  A2lgh)l0  Compressor  Blade 
Sections,"  NACA  RML55,  108. 

2.  Whitcomb,  Richard  T, , and  Clark,  Larry  R.,  "An  Airfoil  Shape  for 
Efficient  Flight  at  Supercritical  Mach  Numbers,"  NASA  TMX-1109, 
May  1965. 
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Subsequently,  Garabedian,  Korn  and  Bauer  (3,  4,  and  5)  of  New  York 
University  developed  a complex  hodograph  solution  satisfying  the 
two-dimensional  potential  equation  for  supercritical  flows  over 
isolated  airfoils.  By  using  this  hodograph  technique,  an  isolated 
airfoil  shape  could  be  determined  from  a specified  shod  less  surface 
velocity  distribution.  The  final  design  program,  including  viscous 
boundary  layer  considerations,  was  delivered  to  NASA  in  1974,  and  has 
been  used  to  design  airfoils  for  a variety  of  applications.  In  the 
same  year,  Korn  (6)  developed  a shockless  supercritical  cascade  design 
system.  In  a cooperative  program  with  Pratt  & Whitney  Aircraft,  a 
supercritical  cascade  was  designed  in  1974  by  Korn,  and  tested  in  1976 
in  the  transonic  cascade  facility  of  the  DFVLR  (Deutsche  Forschung  and 
Versuchsanstalt  fur  Luft  und  Raumfahrt),  The  airfoil  is  shown  in 
Figure  2.  The  analysis  of  the  results  of  this  test  (7)  validated  the 
new  design  methods,  including  the  shockless  feature  of  the  flow  field, 
the  near  match  of  the  design  surface  velocity  distribution,  and  the 
attached  viscous  boundary  layer.  The  Korn  design  also  showed  good 
performance  at  both  off-design  and  design  conditions,  indicating  that 
the  shocks,  if  present  in  the  flow  field  at  off-design  conditions, 
were  not  a serious  problem. 

Although  these  test  results  demonstrated  the  feasibility  of 
supercritical  airfoil  design,  they  did  not  demonstrate  a practical 
compressor  airfoil  design  capability  because  the  existing  hodograph 
design  procedure  provided  structurally  undesirable  airfoil  shapes  and 
did  not  produce  designs  at  arbitrary  low  cascade  gap-to-chord  ratios 
( non-dim ensional  airfoil  spacing). 


3.  Bauer,  Francis,  Garabedian,  Paul,  and  Kom,  David,  "Supercritical 
Wing  Sections,"  Lecture  Notes  in  Economics  and  Mathematical 
Systems,  Vol.  66,  Springer  - Verlag,  New  York,  1972. 

4.  Bauer,  Francis,  Garabedian,  Paul,  Korn,  David,  and  Jameson, 

Antony,  "Supercritical  Wing  Sections  II"  Lecture  Notes  in 
Economics  and  Mathematical  Systems,  Vol.  108,  Springer  - Verlag, 
1975. 

5.  Bauer,  Francis,  Garabedian,  Paul,  and  Korn,  David,  "Superciritical 
Wing  Sections  III,"  Lecture  Notes  in  Economics  and  Mathematical 
Systems,  Vol.  150,  Springer  - Verlag,  New  York,  1977. 

6.  Korti,  David,  "Numerical  Design  of  Transonic  Cascades,"  ERDA 
Research  and  Development  Report  COO-3077-72,  Courant  Inst.  Math. 
Sci.,  New  York  Univ.,  January  1975. 

7.  Stephens,  Harry  E.,  "Application  of  Supercritical  Airfoil 
Technology  to  Compressor  Cascades:  Comparison  of  Theoretical  and 
Experimental  Results,"  AIAA  Paper  78-1138,  AIAA  Fluid  and  Plasma 
Dynamics  Conference,  Seattle,  Wash.,  July  1978. 
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These  test  results  provided  the  motivation  for  the  development  of  a 
practical  transonic  cascade  design  procedure  by  Pratt  & Whitney 
Aircraft  during  1976  and  1977.  The  current  work  was  undertaken  in 
November  1977  to  demonstrate  this  new  design  system  for  practical 
applications  to  the  compressor. 


3.0  DESIGN 


3 . 1 Design  Procedure 

The  objective  of  the  design  process  is  to  find  an  airfoil  shape  that 
satisfies  a related  set  of  aerodynamic  and  structural  requirements. 

For  supercritical  cascade  airfoils,  these  requirements  can  be  briefly 
stated  as  follows. 

1.  The  cascade  must  produce  a specified  exit  velocity  and 
flow  angle  for  a specified  inlet  velocity  and  flow 
angle.  The  flow  turning  implied  by  these  conditions 
should  be  accomplished  with  a minimum  of  total  pressure 
loss  through  the  cascade. 

2.  The  cascade  gap-to-chord  ratio  shou’d  be  maximized 
(consistent  with  aerodynamic  requirements  on  peak 
suction  side  Mach  number)  to  reduce  engine  weight  and 
cost. 

3.  The  cascade  airfoil  must  have  a thickness  and  camber 
distribution  capable  of  sustaining  the  aerodynamic 
pressure  forces.  Leading  and  trailing  edges  must  be 
capable  of  sustaining  erosion  and  foreign  object  damage. 

To  achieve  these  aerodynamic  requirements,  it  is  currently  believed 
that  the  surface  velocity  distribution  should  have  certain 
characteristics.  These  characteristics  are  listed  below  and  summarized 
in  Figure  3. 


Supercritical  cascade  airfoil  characteristics 

1.  A continuous  acceleration  to  the  peak  Mach  number  on  the 
airfoil  suction  surface,  to  avoid  premature  laminar 
boundary  layer  separation,  or  transition  before  the  peak. 

2.  A peak  Mach  number  less  than  1.3  to  avoid  boundary  layer 
separation  induced  by  a severe  shock  wave-boundary  layer 
interaction,  should  a shock  develop  at  cff-design 
conditions. 

3.  A continuous  deceleration  from  the  peak  section  surface 
Mach  number  to  the  trailing  edge,  mainta..?  ..ng  a 
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turbulent  boundary  layer  with  a low  level  of  skin 
friction  and  avoiding  separation  ahead  of  the  trailing 
edge. 

4.  A nearly  constant  subsonic  Mach  number  distribution  on 
the  pressure  surface. 

The  procedure  developed  at  Pratt  & Whitney  Aircraft  for  designing  a 
supercritical  cascade  that  meets  the  preceding  objectives  requires  an 
iteration  among  an  inviscid  transonic  cascade  flow  calculation,  a 
compressible  integral  boundary  layer  calculation,  and  a numerical 
smoothing  calculation  for  the  airfoil  surface  contour.  This  iteration 
is  performed  using  an  IbM  370-3033  computer  system  linked  to  an  IBM 
2250  light  pen  scope  terminal,  permitting  designer  interaction  when 
necessary. 

The  designer  starts  the  iteration  with  a transonic  analysis  of  a 
preliminary  airfoil.  To  achieve  the  desired  surface  velocity 
distribution,  the  designer  then  modifies  the  airfoil  shape  or 
gap-to-chord  ratio.  Airfoil  contour  changes  are  made  by  using  the 
light  pen  scope.  Complete  flexibility  is  achieved  by  changing 
individual  coordinates  defining  the  airfoil  surface.  A smoothed 
alteration  of  the  coordinates  then  produces  a new  airfoil,  which  is 
subsequently  reanalyzed.  When  the  resulting  airfoil  appears  nearly 
correct,  the  computed  boundary  layer  displacement  thickness  is 
superimposed  on  the  airfoil  surface  during  the  transonic  flow  analysis 
iteration.  The  final  design  gas  turning  angle  and  total  pressure  loss 
is  verified  by  a control  volume  wake  mixing  analysis. 

The  major  computations  used  in  this  design  system  have  been  described 
in  detail  in  the  open  literature.  The  transonic  cascade  analysis 
solutions  are  provided  by  Ives  and  Luitermoza  (8,  9)  and  the  boundary 
layer  analysis  solutions  by  McNally  (10).  The  wake  mixing  calculation 


8.  Ives,  David  C.,  and  Liutermoza,  John  F.,  "Analysis  of  Transonic 
Cascade  Flow  Using  Conformal  Mapping  and  Relaxation  Techniques," 
AIAA  Journa' , Vol.  15,  No.  5,  May  1977,,  pp.  647-652. 

9.  Ives,  David  C.,  and  Liutermoza,  John  F.,  "Second  Order  Accurate 
Calculation  of  Transonic  Flow  Over  Turbomachinery  Cascades,"  AIAA 
Paper  78-1149,  AIAA  11th  Fluid  and  Plasma  Dynamics  Conference, 
Seattle,  Wash.,  July  1978. 

10.  McNally,  W.  D.,  "Fortran  Program  for  Calculating  Compressible 
Laminar  and  Turbulent  Boundary  Layers  in  Arbitrary  Pressure 
Gradients,"  NASA  TN  D-5681,  May  1970. 
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is  of  the  type  described  by  Lieblein  (11)  or  Stewart  (12).  The 
transonic  flow  solution  uses  a second  order  accurate,  finite 
difference  scheme  to  solve  the  two-dimensional,  fully  non-linear, 
potential  flow  equation.  The  analysis  also  includes  a quasi 
three-dimensional  capability  to  account  for  the  stream  tube  height 
variations  through  the  cascade.  This  feature  is  essential  for  accurate 
modelling  of  realistic  flow  fields.  With  this  analysis,  supercritical 
flow  fields  can  be  computed  for  nearly  all  cascades  of  practical 
interest.  The  accuracy  of  this  solution  has  been  shown  (9)  to  be 
equivalent  to  the  Garabedian,  Korn  and  Bauer  cascade  solution.  The 
boundary  layer  analyses  program  of  McNally  includes  the  compressible, 
integral  method  of  Cohen  and  Reshotko  for  laminar  layers  and  the 
compressible,  integral  method  of  Sasman  and  Cresci  for  turbulent 
layers.  Transition  between  the  initially  laminar  layer  and  the 
turbulent  layer  is  assumed  to  occur  at  the  location  of  a computed 
laminar  boundary  layer  separation.  Smoothing  of  the  boundary  layer 
characteristics  through  transition  is  used  to  avoid  discontinuities  in 
the  displacement  thickness. 

3.2  Design  Description 

The  particular  design  application  selected  for  this  contract  work  is 
the  midspan  section  of  a fan  exit  stator.  The  Mach  numbers,  flow 
turning,  and  static  pressure  rise  requirements  are  representative  of 
advanced  gas  turbine  engine  configurations  and  reflect  a design  goal 
typical  of  current  compressor  airfoil  technology.  The  selected  design 
is  also  consistent  with  the  requirements  of  the  mean  section  of  the 
exit  stator  of  the  1600  ft/sec  tip  speed  fan,  previously  designed  and 
tested  under  NASA  contract.  The  existence  of  this  fan  rig  and  its 
previously  measured  performance  base  line  using  a conventional  stator 
provides  future  opportunity  for  an  economical  demonstration  of  a 
supercritical  stator  in  a real  turbomachinery  environment.  The  stator 
design  point  aerodynamic  requirements  for  inlet  flow  angle,  inlet  Mach 
number,  and  flow  turning  are  taken  from  Table  10.10  of  the  NAS3-10482 
contract  report  (13). 


11.  Lieblien,  S.,  and  Rouderbush,  W.  H. , "Theoretical  Loss  Relations 
for  Low  Speed  Two-Dimensional  Cascade  Flow,"  NACA  TN  3662,  March 
1956. 

12.  Stewart,  W.  L.,  "Analysis  of  Two-Dimensional  Compressible  Flow 
Loss  Characteristics  Downstream  of  Turbomachine  Blade  Rows  in 
Terms  of  Basic  Boundary  Layer  Characteristics,"  NACA  TN  3515,  July 
1955. 

13.  Sulam,  D.H. , M.S.  Keenan,  and  J.T.  Flynn,  "Single-Stage  Evaluation 
of  Highly-Loaded  Multiple-Circular-Arc  Rotor  High-Kach-Number 
Compressor  Stages,"  NASA  CR-7264,  PWA-3772. 
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The  performance  requirements  of  the  stator  design  include  an  inlet 
Mach  number  of  0.76,  inlet  flow  angle  of  46.8  degrees,  and  a flow 
turning  of  43.2  degrees  to  an  axial  discharge  angle.  The  design  has  an 
exit  Mach  number  of  0.529,  and  a spanwise  stream  tube  area  contraction 
of  1.124. 

The  design  parameter  selection  phase  of  the  design  iteration  was 
performed  using  simple  modifications  of  the  Korn  supercritical  cascade 
airfoil  and  resulted  in  a choice  of  gap-to-chord  ratio  of  0.7.  The 
computed  peak  suction  surface  Mach  number  was  1.27  and  the  diffusion 
factor  was  0.54.  This  initial  design  was  used  to  start  the  final 
design  iteration  resulting  in  the  final  cascade  design  (see  Figure  4). 
A plot  of  an  individual  blade  contour  and  the  corresponding  design 
surface  Mach  number  distribution  is  presented  in  Figure  5.  Smoothness 
quality  of  the  computed  Mach  number  distribution  is  dependent  on  the 
computational  grid  size  employed  in  the  transonic  analysis  and  on 
airfoil  contour  variations  with  smaller  than  reasonable  manufacturing 
tolerances.  The  large  Mach  number  variations  at  the  trailing  edge  are 
due  to  the  computation  of  an  inviscid  stagnation  point  at  the  trailing 
edge.  This  stagnation  point  will  not  appear  in  the  real  flow  because 
of  strong  viscous  effects. 


4.0  PERFORMANCE  EVALUATION 

The  performance  evaluation  required  fabricating  the  airfoils,  terting 
the  cascade  in  a transonic  tunnel,  and  analyzing  the  test  data  to 
determine  the  extent  to  which  the  design  objectives  were  met. 

4.1  Cascade  Airfoil  Fabrication 


Ten  cascade  airfoils  of  69.85  mm  (2.75  in.)  chord  an’  167.64  mm  (6.6 
in.)  span  were  manufactured  from  a steel  alloy.  Surface  contour 
tolerances  of  ^0.05  mm  (+0.002  in.)  were  specified  and  contour 
inspections  made  with  a New  England  Airfoil  Tracing  Machine  at  three 
span  locations  on  each  airfoil.  All  ten  airfoils  were  well  within 
specified  tolerances.  Three  airfoils  were  selected  for  static  pressure 
instrumentation  on  the  basis  of  this  inspection.  A total  of  seven 
airfoils  were  selected  for  installation  in  the  cascade  tunnel. 

4.2  Description  of  Test  Facility 

The  transonic  cascade  facility  used  in  this  investigation  was  built  by 
NACA-Langley  in  the  early  1950's  and  transferred  to  the  DFVLR 
(Deutsche  Forschung  and  Versuchsanstalt  fur  Luft  and  Raumfahrt)  in 
Porz-Wahn,  West  Germany  in  1963  (14).  This  facility  was  used  to  test 


14.  Starken,  H.,  Breugelmans,  F.  A.  E. , and  Schimming,  P., 

"Investigation  of  the  Axial  Velocity  Density  Ratio  in  a High 
Turning  Cascade,"  ASME  Paper  75-GT-25,  ASME  Gas  Turbine  Conference 
and  Products  Show,  Houston,  Texas,  March  1975. 
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the  original  Korn  supercritical  cascade  design.  Figure  6 shows  the 
cascade  test  section  as  it  is  currently  installed  at  the  DFVLR.  A 
schematic  cross-section  to  the  test  section  is  shown  in  Figure  7. 

4.2.1  Tunnel  Operating  Conditions  and  Operation 

The  transonic  cascade  tunnel  is  a closed  loop,  continuously  running 
I facility  with  variable  nozzle  and  variable  test  section  height.  This 

tunnel  is  unique  in  its  extensive  endwall  boundary  layer  control 
system  and  in  its  substantial  vacuum  capacity,  capable  of  removing  as 
much  as  50  percent  of  the  total  tunnel  flow  through  various  bleed 
systems.  These  provisions  are  essential  for  controlling  the  secondary 
flows  induced  by  the  strong  gapwise  pressure  gradients  of  the 
supercritical  cascade.  The  dry  air  is  delivered  by  a set  of 
compressors  with  a total  installed  power  of  5000  KW  (3728  Hp)  and  a 
mass  flow  of  up  to  20  kg/sec  (44  lbm/sec).  The  tunnel  test  section 
height  is  variable  between  150  mm  (5.9  in.)  and  450  nan  (17.7  in.),  and 
t the  span  is  167  mm  (6.6  in.).  These  dimensions  yield  an  aspect  ratio 

of  2.4  for  a airfoil  chord  of  69.85  mm  (2.75  in.).  The  tunnel  Reynolds 
number  can  be  varied  from  4 x 10^  to  4 x 10®  by  changing  the 
settling  chamber  pressure.  The  nozzle  is  half-symmetrical  with  a 
variable  shape  adjustment  for  the  upper  half  and  a variable  height 
adjustment  for  the  flat  lower  half.  This  arrangement  provides  an  inlet 
Mach  number  range  from  0.0  to  1.4.  The  inlet  Mach  number  is  uniform 
over  the  test  section  height  within  +1.5  percent  of  the  maximum,  and 
the  turbulence  level  in  the  inlet  is  0.5  (+0.2)  percent  for  an  inlet 
Mach  number  of  0.3  to  0.7. 

The  upper  wall  cf  the  test  section  is  slotted  and  equipped  with 
suction  to  improve  the  inlet  flow  conditions.  Additional  suction 
capability  is  available  for  boundary  layer  removal  ahead  of  the  test 
section  (slots  in  the  sidewalls  reaching  from  the  nozzle  top  to  the 
bottom  wall)  and  through  chordwise  slotted  cascade  endwalls  within  the 
airfoil  pack.  The  tunnel  top  endwall  flow  is  separated  from  the 
cascade  core  flow  by  a tailboard  system  hinged  at  the  trailing  edge  of 
the  outermost  cascade  airfoil.  The  tunnel  bottom  endwall  flow  is 
controlled  by  a movable  endwall  flap.  A lower  tailboard  is  not  used. 

4.2.2  Instrumentation 

The  inlet  and  exit  static  pressure  was  measured  by  static  taps  on  the 
cascade  wall.  For  this  cascade,  the  upstream  measurement  plane  was 
axially  25  am  (0.984  in.)  from  the  leading  edge  plane.  The  exit 
measurement  plane  was  22  mm  (0.866  in.)  from  the  trailing  edge  plane. 
The  inlet  air  angle  was  measured  at  the  same  gapwise  locations  for 
three  consecutive  airfoil  channels.  The  downstream  traverse  probe 
measured  a combination  of  pressures,  providing  both  total  ami  static 
pressures  as  well  as  flow  angle  for  the  complete  wake  traverse 
information.  The  traverse  system  was  operated  in  a stepping  mode 
during  loss  measurements  to  ensure  sufficient  time  for  the 
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probe-transducer  system  to  accurately  measure  the  total  pressure i 
static  pressure,  and  flow  angle  in  portions  of  the  wake  with  strong 
flow  gradients. 

The  cascade  airfoils  were  heavily  instrumented  with  surface  pressure 
taps.  The  airfoil  thickness  required  the  instrumentation  of  three 
separate  airfoils  rather  than  just  one.  One  airfoil  was  pressure 
tapped  chordwise  on  the  suction  surface,  a second  on  the  pressure 
surface,  and  a third  was  instrumented  spanwise  on  both  surfaces  at 
only  a few  chordwise  locations.  The  pressure  and  suction  instrumented 
airfoils  were  arranged  in  cascade  to  record  the  flow  within  a common 
passage. 

4 . 3 Testing  Procedure  and  Data  Acquisition/Reduction 

The  demonstration  of  the  accuracy  of  the  supercritical  design  system 
through  comparisons  with  measured  cascade  data  required  precise 
control  of  the  experimental  setup  to  ensure  ti»«t  the  desired 
aerodynamic  conditions  were  closely  matched.  The  testing  procedure  and 
data  acquisition  necessary  to  achieve  the  required  accuracy  ire 
described  in  Sections  4.3.1  and  4.3.2. 

4.3.1  Testing  Procedures 

The  inlet  angle  of  the  cascade  relative  to  the  inlet  duct  was  set  to 
produce  the  correct  inlet  flow  angle  (angle  accuracy  of  0.5  degree  or 
less  is  possible).  The  inlet  Mach  number  was  then  set  at  the  desired 
value,  and,  to  ensure  that  the  measured  performance  was  obtained  under 
periodic  flow  conditions,  several  procedures  were  followed.  Tunnel 
periodic; ty  was  checked  by  comparing  the  inlet  flow  angle  sa  measured 
at  three  idjacent  gap  positions  and  by  observing  the  inlet  and  exit 
static  pressure  distributions  displayed  on  manometer  boards  located  in 
the  test  c?ll  control  room.  The  exit  traversing  probe  was  operated  in 
a continuously  running  mode,  enabling  three  adjacent  blades  to  be 
traversed  in  a reasonable  length  of  time.  Ttte  resulting  wake  profiles 
were  displayed  on  a plotter  to  check  airfoil  wake  shape  consistency. 

In  addition,  wake  traverses  at  various  spanwise  locations  were 
measured  to  guarantee  that  an  acceptable  portion  of  the  airfoil  was 
operating  under  two-dimensional  conditions.  Adjustments  to  obtain 
periodic  flow  conditions  were  then  performed  on  the  movable  bottom 
endwail,  flap,  upper  tailboard,  and  on  the  extensive  boundary  layer 
control  vacuum  system.  Further  adjustments  in  upstream  pressure  were 
also  required  to  maintain  the  desired  inlet  Mach  number. 

4.3.2  Data  Acquisition/Reduction 

The  complete  information  for  each  test  point  was  recorded  by  a 
compu tar-con trolled  automatic  data  acquisition  system  and  stored  on 
magnetic  tape.  This  information  included  plenum  conditions,  inlet 
static  pressures,  inlet  flow  angles,  airfoil  surface  pressure 
distributions,  and  downstream  wake  traverse  data. 


An  on-line  data  reduction  system  provided  an  immediate  summary  of 
computed  performance  information,  which  was  displayed  on  a computer 
terminal  located  in  the  test  cell  control  room.  The  airfoil  design 
surface  Mach  number  distribution  w»*  also  graphically  compared  with 
the  measured  distribution,  permitting  an  evaluation  of  the  test  point 
resul ts . 

A complete  off-line  data  reduction  system  provided  detailed  test 
information,  including  corrections  for  probe  calibrations.  The  cascade 
total  pressure  losses  were  computed  from  the  wake  data  using  a control 
volume  mixing  analysis. 

4.4  Test  Results 


The  cascade  performance  was  measured  at  test  conditions  best  matching 
the  design  surface  Mach  number  distribution.  Test  conditions  were  also 
systematically  varied  over  a wide  range  of  inlet  flow  angles  and  inlet 
Mach  numbers  to  determine  the  off-design  performance.  Complete  test 
data  points  were  acquired  at  79  conditions.  Thirty-seven  of  these  test 
data  points,  judged  to  have  the  most  periodic  cascade  flow,  were  used 
in  the  final  performance  evaluation.  A sunsnary  of  the  reduced  data  for 
these  37  points  is  presented  in  the  data  table  in  the  Appendix. 

The  best  experimental  match  of  the  design  surface  Mach  number 
distribution  is  shown  in  Figure  8.  This  match  was  obtained  at  the 
design  inlet  angle  and  an  upstream  Mach  number  0.03  lower  than 
expected.  This  slight  difference  most  probably  resulted  from  tunnel 
sidewall  boundary  layer  growth  upstream  of  the  leading  edge  plane  of 
the  cascade.  The  design  calculation  was  performed  assuming  a linear 
distribution  of  stream  tube  contraction  between  the  cascade  leading 
edge  and  down stream  measurement  planes.  An  upstream  Mach  number  of 
0.73  (measured  in  the  tunnel  test)  results  in  an  average  leading  edge 
Mach  number  of  0.'  (design),  if  a roughly  1.6  percent  stream  tube 
contraction  is  assumed  to  occur  between  these  two  locations.  This  is 
not  an  unreasonable  amount  of  area  change,  despite  the  incorporation 
of  upstream  boundary  layer  removal  slots  in  the  tunnel  sidewalls. 
Numerical  simulations  of  near  design  test  point  72,  combining  the 
transonic  and  boundary  layer  analyses,  further  substantiated  this 
interpretation  of  the  results.  These  simulations  are  discussed  in 
Section  5.0.  At  the  test  design  point,  the  experimental  surface  Mach 
number  distribution  closely  matched  that  of  the  design.  The  suction 
surface  appeared  to  be  shock  free  and  analysis  of  the  boundary  layer 
indicated  that  it  remained  attached  through  its  diffusion.  The 
measured  turning  was  within  one  degree  of  the  design  value.  The 
measured  total  pressure  loss,  expressed  as  a fraction  of  the  inlet 
compressible  dynamic  head,  was  0.02.  Thus  the  design  requirements  were 
met  for  turning,  loss,  and  surface  Mach  number  distribution. 

The  total  pressure  loss  characteristics  obtained  with  v.irving  the  inlet 
Mach  numbers  at  the  design  flow  angle  are  shown  in  Figure  9.  The  loss 
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is  nearly  constant  *.t  0.02  up  to  the  design  point  (M  upstream  * 0.73, 

M leading  edge  • 0.76).  At  a Mach  number  0.03  greater  than  the  design 
point,  the  loss  doubles  to  a vclue  of  0.04.  This  Mach  number  range  is 
adequate  for  this  application,  since  this  fan  stator  mean  section  has 
an  inlet  Mach  number  of  0.8  or  less  throughout  its  operating  range. 

Loss  data  for  off-design  ’’olet  flow  angles  with  varyfng  inlet  Mach 
numbers  are  shown  in  Figures  10  through  15.  These  inlet  angles 
correspond  to  incidence  angles  of  +7,  +5,  +3,  -3,  -5,  and  -10  degrees. 
These  dats  shown  in  Figure  16,  fully  define  the  useful  operating 
range  of  the  cascade.  The  measured  upstream  Mach  number  has  been  used 
on  all  of  these  figures.  As  in  the  case  of  the  design  point,  numerical 
simulations  of  off-design  conditions  suggest  that  average  Mach  numbers 
for  the  upstream  and  leading  edge  are  slightly  different.  Test  and 
design  values,  then,  should  be  carefully  related  if  precise 
comparisons  are  required.  At  various  angles  of  incidence,  numerical 
simulations  were  made  for  test  conditions  having  both  low  total 
pressure  losses  and  high  inlet  Mach  numbers.  The  simulations  indicated 
that  the  Mach  number  increase  of  0.03  gave  the  most  satisfactory 
result.  Thus,  the  loss  bucket  for  the  design  Mach  number  of  0.76  would 
be  an  interpolated  line  on  Figure  lo  at  an  inlet  Mach  number  of  0.73. 

A significant  range  of  positive  and  negative  incidence  around  the 
design  inlet  angle  is  present  before  losses  increase  to  prohibitive 
levels . 

Figure  17  depicts  flow  turning  and  exit  flow  angle  versus  inlet  flow 
angle.  Exit  flow  angle  was  nearly  constant,  ranging  from  approximately 
89  to  91  degrees.  This  nearly  constant  exit  angle  over  all  test 
conditions  is  a significant  accomplishment  of  this  airfoil  design. 

This  air  exit  angle  consistency  is  particularly  important  for  the 
bypass  portion  of  the  fan  stators,  which  must  turn  the  flow  to  an 
axial  discharge  angle  to  maximize  fan  duct  thrust. 

The  test  results  indicate  that  the  supercritical  airfoil  has  met  its 
design  requirements  and  has  operated  efficiently  over  a wide  range  of 
aerodynamic  conditions.  The  test  data  taken  at  the  design  point 
conditions  indicate  (l)a  good  match  between  measured  and  design 
surface  Mach  number  distributions,  (2)  an  attached  suction  side 
boundary  layer  resulting  in  low  loss,  and  (3)  an  exit  angle  within  one 
degree  of  design  specifications.  These  results  indicate  that  the 
shockless  flow  field,  combined  with  firm  control  of  the  suction 
surface  diffusion  rate,  results  in  an  attached  boundary  layer 
essential  to  good  aerodynamic  performance.  In  conclusion,  these 
results  demonstrate  the  validity  of  this  design  method  for  future 
design  work. 
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5.0  ANALYTICAL  SIMULATIONS 


Analytical  simulation  of  the  near  desisn  test  condition,  as  well  as 
several  off-design  conditions,  has  been  carried  out.  These  conditions 
are  test  points  72,  02,  60,  42,  47,  32,  and  38  shown  in  Figures  9 
through  15.  The  simulation  procedure  is  the  same  as  that  used  in 
previous  analysis  work  and  has  been  described  in  detail  by  Stephens 
(7).  This  procedure  is  comprised  of  the  transonic  cascade  analysis,  an 
integral  boundary  layer  calculation,  and  a simple  wake  unmixing 
calculation.  These  simulations  provide  valuable  insight  into  the 
operation  of  the  tunnel.  They  are  also  an  excellent  check  on  the 
validity  of  the  design  system,  since  the  analysis  and  design  methods 
are  closely  related.  Results  for  the  design  point  and  a negative  10 
degree  incidence  point  are  shown  in  Figures  18  and  19. 

In  setting  up  an  analytical  simulation  of  the  test  conditions,  it  was 
necessary  to  account  for  the  stream  tube  contraction  caused  by  tunnel 
sidewall  boundary  layer  growth  upstream  of  the  cascade  leading  edge. 
The  tunnel  contraction  affects  the  total  velocity  vector.  The  best 
means  of  simulating  this  contraction  is  to  impose  a higher  inlet  Mach 
number  upstream  of  the  cascade  leading  edge.  The  Mach  number  increase 
used  was  0.03,  corresponding  to  a one-dimensional  area  contraction  of 
1.6  percent.  This  was  found  to  provide  adequate  simulation  over  a wide 
range  of  operating  conditions,  including  incidence  angles  from  +5  to 
-3  degrees.  The  results  of  the  design  point  simulation,  including 
boundary  layer  and  laminar  bubble  effects,  predicted  via  Roberts'  (15) 
method,  are  shown  in  Figure  18.  The  agreement  shown  between  the 
calculations  and  the  experiment  is  quite  good. 

At  more  severe  negative  incidences,  such  as  -10  degrees,  the  best 
simulation  was  achieved  by  using  a -1.2  percent  upstream  stream  tube 
contraction  hile  retaining  a linear  distribution  of  stream  tube 
contraction  through  the  cascade.  This  result  is  shown  in  Figure  19.  If 
only  agreement  at  the  leading  edge  were  required,  the  Mach  number 
increase  of  0.03  would  have  provided  an  adequate  match;  however,  a 
nonlinear  stream  tube  contraction  distribution  would  be  required  to 
match  the  remainder  of  the  airfoil. 

The  full  explanation  of  this  tunnel  phenomena  is  beyond  the  scope  of 
the  contract  work.  There  are  undoubtedly  other  tunnel  effects,  such  as 
the  relative  amounts  of  sidewall  suction  used  in  the  upstream  boundary 
layer  removal  slots  and  in  the  cascade  passage  sidewall  slots,  which 
would  influence  the  upstream  boundary  layer  growth.  Consideration  is 
included  here  mainly  because  the  effect,  if  left  unexplored,  would 
have  obscured  the  observations  of  the  excellent  comparisons  between 
the  test  and  design  surface  Mach  number  distributions. 


15.  Roberts,  W.  B.,  "The  Effect  of  Reynolds  Number  and  Laminar 

Separation  on  Axial  Cascade  Performance,"  ASME  Paper  74-GT-68, 
March  1974. 
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6.0  CONCLUSIONS 


1.  A procedure  developed  at  Pratt  & Whitney  Aircraft  has  been 
used  to  design  a supercritical  cascade  to  satisfy  practical 
requi rements . 

2.  The  cascade  operated  with  low  total  pressure  loss  at  the 
design  point  and  achieved  the  required  flow  turning  within 
less  than  one  degree. 

3.  The  design  surface  Mach  number  distribution  was  closely 
matched  in  the  test.  The  airfoil  appeared  to  be  shock-free  and 
the  suction  side  boundary  layer  remained  attached  throughout 
its  diffusion  to  the  trailing  edge. 

4.  Off-design  performance  in  terms  of  Mach  number  range, 
incidence  range,  and  flow  turning  was  very  good  over  a broad 
range  of  operating  conditions. 

3.  The  flow  exit  angle  was  maintained  to  within  ±1  degree  of 

design  (axial)  for  upstream  Mach  numbers  ranging  from  0.4  to 
0.75  and  over  a range  of  inlet  incidence  angles  from  -10  to  +7 
degrees. 

6.  The  loss  rise  characteristics  at  the  design  inlet  flow  angle 
were  successfully  controlled  to  provide  a 0.03  margin  in  inlet 
Mach  number  before  the  measured  loss  doubled. 

7.  An  analytical  simulation  of  the  test  design  point  conditions 
provided  excellent  agreement  between  computed  and  measured 
surface  Mach  number  distributions. 

8.  Analytical  simulation  of  a wide  variety  of  off-design  test 
conditions  further  substantiates  the  accuracy  of  the  flow 
modelling  procedure  for  supercritical  transonic  flows. 

9.  Analytical  simulations  suggest  that  an  approximate  increase  in 
average  Mach  number  of  0.03  exists  between  the  upstream 
measuring  plane  and  the  airfoil  leading  edge  plane.  It  is 
probable  that  this  effect  in  the  DFVLR  tunnel  is  caused  by 
sidewall  boundary  layer  growth,  which  reduces  the  duct  area  by 
about  1.6  percent  between  these  planes  for  this  cascade. 
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(a-e)  Schlieren  Photographs  Showing  Cascade  Flow  Field 
for  a Range  of  Increasing  Inlet  Mach  Numbers  (see 
Reference  1).  (f)  Schematic  of  the  High-Loss  Condition 
shown  in  (e) 
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Supercritical  Airfoil  Aerodynamic  Design  Requirements 
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Figure  4 


Supercritical  Cascade  Geometry  and  Aerodynamic  Design 
Conditions 
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Figure  7 Schematic  cf  DFVLR  Transonic  Cascade  Test  Section 
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Figure  9 


Cascade  Performance  - Loss  versus  inlec  Mach  number  at 
design  inlet  angle. 
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Figure  10  Cascade  Performance  - Loss  versus  inlet  Mach  number  at 
+7  degrees  incidence. 
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Figure  11  Cascade  Performance  - Loss  versus  inlet  Mach  number  at 
+5  degrees  incidence. 
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Figure  12 


Cascade  Performance  - Loss  versus  inlet  Mach  number  at 
^■3  degrees  incidence. 
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Figure  14  Cascade  Performance  - Loss  versus  inlet  Mach  number  at 
-5  degrees  incidence. 
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TEST  CONDITIONS 
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Figure  18 


Results  of  Analytical  Simulation  of  Hear  Design  Test 
Condition  (Point  72) 
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LIST  C?  SYMBOLS,  ABBREVIATIONS,  AND  SUBSCRIPTS 


Symbols  and  Abbreviations 
A stream  tube  area 

a sound  speed 

AVDR  axial  velocity  density  ratio  ■ stream  tube  inlet 

area/exit  area,  A1/A2 

bx  airfoil  axial  chord 

C airfoil  chord 

Cp  static  pressure  rise  coefficient 

(Ps2“?si)/(pTl“pl) 

Dp  diffusion  factor 


- (1  - W2/Wj)  + Tic 


Wj  cos  0 i - W2  cos  0 2 


i 


2 Wi 


M 

P 

PT 

Re 

Ot  v 
w 

x.  y 

w 

(X  S 
0 

A 0 

r 

v 


Mach  number  » W/a 
static  pressure 
total  pressure 

Reynolds  number  based  on  inlet  velocity  and  chord  ■ WC/V 

velocity  components  along  x,  y 

velocity 

rectangular  coordinates  in  axial  and  tangential 
directions 

loss  coefficient  • (pT2~pTl)/(pTl"Pl) 
surface  chord  angle 

air  angle  measured  from  tangential 
flow  turning,  0z~0\ 
cascade  gap 
kinematic  viscosity 
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LIST  OF  SYMBOLS,  ABBREVIATIONS,  AND  SUBSCRIPTS  (Cont.'d) 


Subscripts 

1 cascade  upstream  inlet  plane 

2 cascade  downstream  exit  plane 

x axial  direction,  engine  axis 

y tangential  direction 
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